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SUMMARY

1
An investigation was made in flight at free-stream Mach numbers up

to about 0.77 to determine the effect of a laminar boundary layer and
thin and thick turbulent boundary layers on the chordwise pressure
distribution over an airfoil in the presence of shock at full-scale
Reynolds numbers. Boundary-layer and pressure-distribution measure-
ments were made on a short-span airfoil built around the wing of a
fighter airplane. Boundary-layer Reynolds numbers (based on momentum
thicbess and flow parameters at the outer edge of the boundary layer)
were about 3,000 for the laminar boundary layer and 10,000 for the
thickest turbulent boundary layer with local Mach numbers ranging up to

1.3 and chord Re~olds numbers up to about 21 x 106. .

The results indicated very little difference in pressure distri-
bution with lamtiar and turbulent boundary layers extending up to the
~sition of shock. The principal difference was a 2- to 3-percent-
chord more forward @sition of the pressure rise at the surface with
the turbulent boundary layers. Other investigations made at low

Reynolds numbers (of the order of 3 x 106) indicated.large pressure
differences extending over an appreciable extent in the chordwise
direction.

INTRODUCTION

The interaction of shock with laminar and turbulent boundary layers

at low Reynolds numbers (up to about 3 x 106) has been investigated in
detail in recent years (refs. 1 to 5). These tivestigations, and
particularly that of reference 1, tidicated such a large difference in .
pressure distribution with lami.narand turbulent boundary layers that
an airfoil under these conditions would be expected to experience
‘appreciablydifferent forces and moments. At high or full-scale
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Reynolds numbers, no corres~nding information
layer—shock interaction. In order to proyide
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was avaikble on boundary- .

some information at full-
scale Reynolds numbers up to about 20 x 106, an investigation, rewrted
herein, was initiated on a short-span airfoil built around the wing of a
fighter airplane.

The purpse of this pwr is to present some measurements of
pressure distribution obtatied in flight at Reynolds numbers from
17.5 x 106 to 21.2 x 106 with lamhar and turbulent boundary layers
extending to the psition of shock. These measurements were made in
dives up to a flight Mach number of 0.766 which was sufficiently high
to give extensive regions of local supersonic flow.
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SYMBOLS

Reynolds number based on
and chord of airfoil

free-stream conditions

boundary-layer Reynolds number based on local
condition immediately outside boundary layer
and on momentum thickness, u~P@P~

displacement thickness,
~’~-g)dy

&&&)dymomentum thiclmess

velocity in boundary layer in x-direction

mass density in boundary layer

free-stream

Mach number

free-stream

free-stream

mass density

velocity

dynamic &essure, % V 2
200

static pressure

P~ - P.
pressure coefficient,

q.
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Subscripts:

6

0

total pressure

chordwise distance from leading edge along surface
of test airfoil or curved plate

distance perpendicular to surface of test airfoil

length of supersonic region with turbulent flow in
boundary layer

airplane lift coefficient

airfoil chord

‘coefficientof viscosity
●

outer edge of boundary layer

free stream

APPARATUS AND TESTS

E!oundary-layerand pressure-distributionmeasurements were made
on a short-span.airfoilbuilt around the wing of a fighter airplane.
T%is test airfoil had a chord of 89.0 inches, a span of 60 inches, and
a maximum thickness of 16 percent chord. The airfoil section was
approximately an NACA 64-series section. The test airfoil was
constructed of laminated wood and covered with a ~-inch-thick sheet

8
of aluminum to provide a smooth and stable surface. Actually tWO

airfoils were built and one was mounted on each wing. Only one of the
airfoils was used for the measurements; the other was used to provide
lateral balance to the airplane. A photograph showing the airplane
with the test airfoils prior to being covered with the aluminum sheet
is presented as figure 1.

Static-pressure orifices were installed on the upper surface at
35 percent chord and every + percent chord from 4+ to 65 percent

chord. Each orifice consisted of a slit 0.6 inch long (spanwise) and
0.003 inch wide (chordwise) followed by a small plenum chamber and
tubtig which led to the pressure recorder. This special shape of
orifice was used in an effort to mintiize any adverse effect on the
laminar boundary layer of flow in or out of the orifice resulting from
variations of pressure at the orifice associated with varying speed and
altitude.
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Total-pressure
with boundary-layer

measurements through the boundary layer were made
rakes consisting of eight total-pressure probes.

These probes were made of stainless-steel tubing of O.@-inch inside
diameter and 0.015-inch wall thickness with the upstream end of each
tube flattened and filed into a rectangular opening 0.003 inch high
and 0.1 inch long with a wall.thickness of about 0.003 inch.

.
The boundary-layer rakes were used in pairs at 50 and 5&Z psrcent

chord in some tests and 55 and 572 percent chord in others.’ The
2

boundary-layer rakes were set about 1 inch on each side of the line of
orifices in the spnwise direction (fig. 2). The heights of the tubes
were checked before and after each flight.

AU the measurements were made in dives which were started by
“pushing over” at an altitude of 28,000 feet and a Mach number of
0.6 to a dive angle of 38° and continued until an airplane Mach number
of 0.76 was reached, at which time a gadual pull-out was begun. Mb
were xecorded from a Mach number of 0.6 up to the highest Mach number
attained, which was approximately 0.77. Lift coefficients durfig the
prtion of the dives in which the measurements were made varied from
approx~tely 0.16 to 0.08 at the high-sped end of the dive. The
free-stream Reynolds number (based on the chord of the test airfoil
section) range for these tests was from 17.5 x 106 to 21.2 x 106.

Ikmndary-layer and static-pressure measurements were made with
three surface conditions of the test airfoils: (1) smooth, (2) transi-
tion strip at 30 percent chord of the up~r surface consisting of a
spnwise strip of cellulose tape 1 inch wide and 0.003 inch thick, and
(3) transition strip at 4 percent chord of the upper surface consisting
of a 0.035-tich-diameterthread taped to the surface.

Free-stream total pressure ~ and static pressure were measured

by means of a pitot-static tube mo&ted on a boom about 1 chord ahead of
the airplane wing tip. The measured static pressures were corrected
to free-stream static pressures po.

Pressures were measured with NAC.Arecording ”multiplemanometers.
Normal acceleration used for determining airplane lift coefficient was
measured by using an NAC!Aair-damped recording accelerometer.

●
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RESULTS

5

Chordwise pressure distributions over the upper surface in the -
region of shock are shown h figures 3 and 4 for two flight Mach
numbers (0.740 * 0.001 and 0.766 ~ 0.002) and three surface conditions-.
The distribution of Mach number through the boundary layer, determined
from measurements of total pressure through the boundary layer and
static pressure at the surface, is also shown in figures 3 and 4.
These boundary-layer profiles were selected for chordwise positions as
close to the position of shock as were available. Boundary-layer
Reynolds numbers based on momentum thiclmess and flow ~rameters at
the outer edge of the boundary layer were about 3,000 for the laminar
boundary layer, 8,OOO for the turbulent layer with transition strip at
30 percent chord, and 10,000 for the turbulent layer with the transi-
tion strip at 4 ~rcent chord.

Since the pressure-distributionmeasurements for each surface con-
dition were made in separate flights, some uncertainty is involved in
the comprison of pressure distributions selected for a given flight
Mach number due to inaccuracy of determining Mach number. An estimate
based on the accuracy of measurements of free-stream static and total
pressures indicated that flight conditions could be matched with a
probable accuracy in flight Mach number of ~o.oo5. This error in Mach
number is estimated to correspnd to a change in the position of shock
(which varies withllachnumber) of.nomore than l~percent chord. The

contribution of such-a change in psition of shock to the indicated
pressure differences is therefore small.

Another factor which affects the com~rison is the lag of the
pressure measuring system. The tests, as mentioned previously, were
made in dives in which the Mach number was increasing and the @sition
of shock was moving rearward. The large decrease in surface pressure
as the shock passed over a given orifice caused the pressure at t-he.
orifice to lag by amounts dependtig on the time rate of shock passage
over the orifice. For the flight conditions shown in figures 3 and 4,
estimates indicated that the effect of lag due to shock passage over
the orifices on the pressure measurements was within 5 percent of free-
stream dynamic pressure for most of the orifices within the pressure rise,
except at 55 percent chord (fig. 3) with the transition strip at 30 percent
chord where the lag was estimated to be about 15 percent dynamic pressure.

The pressure distributions-show. in figures,3 and 4 for the
different boundary-layer conditions’are at somewhat different airplane
lift coefficients. EWmination of other data obtained at a given Mach
number over a greater range of lift coefficient than those of figures 3
and 4 indicated that the comprison of pressure distributions in
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figure 3 should be unaffected by the small differences in lift
coefficient.

The possibility also exists that the pressure distributions
measured were affected somewhat by the presence of the boundary-layer
rakes. The magaitude of any such effect is not tiown.

The distribution of Mach nwnber through the boundary layer as
shown in figures 3 and k is intended mainly to indicate the nature of
the boundary layer immediately ahead of the shock. Because of the high
sensitivity of Mach number or velocity next to the surface to small
errors (such as those due to measurement or lag), the distribution near
the surface is probably only qualitative. The indicated separation for
1aminar flow in figure 3 should be regarded in this manner. The value
of the local Mach number for the same tube position in figure 4 appears
to be too high although no expknation for this phenomenon can be
given. The distribution of Mach number through the boundary layer in
figure 4 for the condition with a transition strip of 4 percent chord
was extrapolated to the edge of the boundary layer on the basis of a
pwer profile fitted to that Prt of the boundary layer over which
measurements were available.

Since the present results were obtained at high Reynolds numbers,
a comprison with the low Reynolds number results of reference 1 is
desirable. A direct comparison of the results on the basis of wing
chord as the characteristic length, however} was not possible tiasmuch
as the data of reference 1 were obtained on a curved plate in a wind
tunnel. An analysis of the data with turbulent flow indicated that,
if the length of the local supersonic region was used as the character-
istic length, the pressure distributions for the tunnel and flight
tests were very similar for about the same maximum local Mach number.
This characteristic length was therefore used as a basis for comparison
to tidicate differences in pressure distributions with laminar and
turbulent flow for the low and high Reynolds numbers. Such a com~rison
is made in figure 5, together with a comparison of the actual distri-
butions of Mach number through the boundary layer. (The pressure

distribution ahead of 35 percent chord or chord of ~ = 0.335 for the

flight results was obtained from other tests in which orifices up to
the leading edge were used. These data are presented only to determine
the lengthof the local supersonic region for flight tests.) A scale
of local Mach number Mb, correspmding to the scale of pressure ratios

p/~ on the left-hand side of figure 5(a), is shown on the right-hand

side of the fi~.e for the convenience of the reader.

.
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The results in figures 3 and 4 indicate very little difference in
pressure distribution with lamfnar and turbulent boundary layers ahead
of the shock. The position of shock as evidenced by the pressure rise
is slightly farther forward (2 to 3 psrcent chord) with the turbulent
layers than with the lamtiar layer and the pressure gradient isnot quite
so steep. A large part of the small differences in pressures ahead and
behind the pressure rise is probably within experimental error.

The comparison in figure 5 shows that the differences in pressure
distribution with laminar and turbulent boundary layers ahead of the
shock are considerably greater at low Reynolds numbers (about 3 x 105)
than at the full-scale Reynolds numbers of the present tests (about

21 X106). The flattening and reduction of the pressure ~ak for the
laminar boundary layer of the low Reynolds number tests of reference 1
were shown to be associated with sepration due to the forward propa-
gation of pressure through the laminar boundary layer from the high-
-pressureregion behind the shock. No separation was in evidence in the
tests with turbulent flow. In the present tests, the relatively thinner
laminar boundary layer limited the extent to which the pressure rise due
to the shock could influence the surface pressures upstream of the shock.
Although there is evidence that sewration occurred in some of the high
Reynolds number tests (for conditions not presented herein) with the
laminar boundary layer, it occurred too close to the shock to have a
large influence on the pressure distribution as compred with the turbu-
lent case. From unpublished data obtained in a blowdown jet h the
Langley Gas Dynamics Rranch, the change in pressure distribution due to
laminar separation at the Reynolds numbers of the present tests has been
indicated to correspmd to a change in pressure coefficient of about
0.007. Such a change would obviously be obscured by pressure lag and
other experimental inaccuracies of the present tests. As a result of
the large differences in pressure distribution that occur at low Reynolds
numbers, an airfoil at low Reynolds numbers would be ex~cted to
experience greater differences in forces and moments with the different
types of boundary layers than an airfoil at high Reynolds numbers.

CONCLUSIONS

In the flight investigation made to determine the effect of the
type of boundary layer ahead of the shock on the pressure distribution
over an airfoil at Mach numbers up to about 0.77 and a chord Reynolds
number up to about 21 x 106, the results indicated very little differ-
ence in pressure distribution for laminar and turbulent boundary

.
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layers extending up to the position of shock. The principal difference
was a 2- to 3-percent-chordmore forward psition of the pressure rise
at the surface with the turbulent boundary layers. Other investigations
made at low Reynolds numbers (of the order of 3 x ld) ~dicated large
pressure differences extending over an appreciable extent in the chord-
wise direction.

Langley Aeronautical Laboratory;
National Advisory Committee for Aeronautics,

Iangley Field, Vs., June 12, 19~2.
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Figure l.- Airplane with short-span airfoils installed on wings (prior

to te6t surfaces being covered w+th aluminum sheet6).
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Figure 2.- Typical arrangement of boundary-layer rakes. Auxiliary

static-pressure tubes and surface orifices are also shown.
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(b)Bmndary-layerprofiles.

Figure 3.- Chordwise pr~ssure distribution over the upper surface for
several boundary-layer conditions. Corresponding boundary-layer
profiles immediately ahead of shock also shown.
CL = 0.100 t 0.020.

~ = 0.740 t 0.001;
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(b)Wunti-layer profiles.

Figure 4.- Chordwise pressure distribution over the upper surface for
several boundary-layer conditions. Corresponding boundary-layer
profiles immediately ahead of shock also shown.
CL= 0.C85* 0.015.

~ = 0.766* 0.002;
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Fi~e 5.- Com@rison of pressme distribution in the neighborhood of

shock with laml_?@rand turbtient flow in the boun~I’Y layer at low
and high Reynolds numibers.

Boundary-layer data also shown.
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